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1 Introduction

Wind tunnels are machines used to study fluid dynam-
ics in a laboratory environment, specifically interactions with
man made objects such as structures, automobiles or aircraft.
These facilities are able to create a controlled environment
where engineers test the aerodynamic properties of objects
under various conditions such as velocity, pressure and tem-
perature.

The first wind tunnels were conceived at the end of the 19"
century as aeronautical research took its first steps. Their use
was crucial to allow the design of heavier than air flying ma-
chines in the earlier years of the 20"" century. Supersonic
wind tunnels were first conceived after the end of world war
IT as supersonic aircraft came into existence.

There are two main types of wind tunnels: continuous flow
or intermittent. This report will only consider the continuous
flow type which consist of a closed loop system where the
fluid is accelerated using a compressor and excess heat gen-
erated is removed through a heat exchanger before the fluid
passes through the test section where experiments take place.

In order to simulate supersonic flow, a convergent-
divergent nozzle must be used to accelerate the fluid beyond
mach 1, and since the compressors can only work under sub-
sonic conditions, a diffuser must be present after the test sec-
tion, to slow the fluid down to subsonic levels. The area of the
throat of the diffuser can be variable in order to allow control
over the position of a normal shock wave. In supersonic wind
tunnels normal shock waves are a factor to consider and steps
must be taken to ensure they remain in certain regions and do
not affect important components.
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Figure 1: Supersonic wind tunnel schematic
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The use of Computational fluid dynamics has revolu-
tionised aerodynamics by allowing flow simulations around
very complex geometries and has reduced the demand for
wind tunnel testing, however, many study cases still benefit

from their use.

An important task of supersonic wind tunnels is to test the
aerodynamic properties of supersonic aircraft. Usually scaled
down models are used in order to be able to use wind tun-
nels with modest size and power requirements. One such use
case that is currently relevant is the development of the X-59
"Quesst" aircraft which is a super sonic test aircraft designed
to implement ways of reducing the acoustic signature of sonic

booms.

2 Objectives

The main focus of this project is to develop a user-friendly
program designed to allow a user to simulate a quasi-1D ap-
proximation of a supersonic wind tunnel based on desired test
section conditions and area as inputs.

Using this program a quasi-1D approximated model of a
supersonic wind tunnel was simulated, based on the flight
conditions of a known aircraft. Flow parameters along the
tunnel sections and power requirements for the compressor
were obtained for each one of the following operational in-

stances:
¢ Ideal conditions:

In the ideal regime of a supersonic wind tunnel, the desired
mach number is reached in the test section and an infinitesimal

normal shock wave is present in the throat of the diffuser.
e Starting:

When starting the wind tunnel a shock wave will be present
in the test section, which is undesired and must be addressed
by increasing the pressure ratio of the compressor, causing the
shock wave to move to the diffuser section, also referred to as

"swallowing the shock".
* Operation:

In operating conditions, the whole test section is supersonic
since the normal shock wave has moved to divergent section
of the diffuser after "swallowing" the shock. The shock’s po-
sition along this section with varying area will greatly influ-
ence the flow parameters.

3 Scope

To obtain the relevant parameters of the flow along the tun-
nel’s length, we will resort to the isentropic relations and the

normal shock equations to calculate pressure, temperature and



density, mach number and area ratios. Only inviscid flow will
be considered, so any stagnation pressure losses will come
from the normal shocks, which equates to the necessary com-
pressor power. Also, without friction, considering adiabatic
flow and neglecting thermal contributions from the compres-
sor there is no temperature gain that would have to be com-
pensated by a heat exchanger.

The effect of the presence of a normal shock wave will be
evaluated as a function of its position.

As a part of this project, an executable program was cre-
ated which allows a user to choose a normal shock position
and other operational conditions in order to obtain the rele-
vant flow parameters.

To relate this project with real-world applications, the flight
parameters of the X-59 aircraft will be used as inputs in the
program and the corresponding flow parameters will be ob-
tained.

4 Methotology and Relevant Equa-
tions

The following discussion on the design of a supersonic
wind tunnel will have as its basis a convergent divergent noz-
zle, followed by a diffuser. This geometry is depicted in figure
2.

"— Supersonic flow 1 Subsonic flow

A =A% (nozzle throat)

A ta (diffuser throat)

Figure 2: Nozzle with a conventional supersonic diffuser,
from [1]

The model used in this section is thus presented in Fig-
ure 3, where we have a convergent-divergent nozzle, followed
by a test section and a diffuser in the form of a convergent-
divergent nozzle. Only normal shocks are considered in this
work and a quasi-1-D model of fluid flow is employed. When
not cited, the relevant equations are retrieved from [2]. The
flow is considered subsonic until Station 2. After Station 2
the flow is supersonic until a shock occurs. After a shock, the
flow is considered subsonic.

As afirst input of the analysis, the conditions of the test sec-
tion are considered. The user can define M3 (Mach at the test

section), p3 (pressure at the test section), 73 (temperature at

Figure 3: Wind Tunnel Diagram.

the test section), ¥, the M| (Mach at the inlet section), nozzle
length, test section length, and throat position at the nozzle.

Using the conditions of the test section, it follows the cal-
culation of the desired stagnation parameters, using Equations
1 to 3.
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From the test section mach M3, the following expressions

are used to calculate the area ratio under operating conditions.
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From this area ratio and A3, we can define the area of the

“

first throat, since it will be constant throughout the analysis.
We assume that the throat A, is always saturated, with a uni-
tary Mach number. A, is defined by the following equation.

&)

To define A, and Ag, the first assumption is that those are
equal. Then, from M;, employing the same reasoning used in
the A, calculation (Equations 4 and 5), A; and Ag are calcu-
lated.

Next, area A5, in the diffuser throat, is calculated. Sup-
posing the shock is localized between Stations 2 and 4, the
geometry in those sections is already defined. In that case,
the Mach number is calculated from the area at that position,

using the following equation.

y+1
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After computing the Mach at that position, the ratio of stag-

Q)

nation pressure after and before the shock is computed. The



higher the Mach number, the stronger will be the shock and
this ratio approaches 1. The next equation provides the calcu-
lation method.
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Next, the ratio of critical areas present after and before the
shock is computed.
A*
e (®)
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By computing this last ratio, As is computed, resorting to
equation 9. As will be equal or higher to the critical area after
the shock, to avoid choking in the diffuser throat, depending
on the user input. Although the area of the diffuser in practice
cannot be the critical one, in the application created it can be
set as critical and the mach will be unitary. However, due to
the coding of the program, the flow after a shock never reaches
supersonic conditions. The maximum area the user can input
is the test section area Az. This upper limit is the case for all

shock locations.
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In the case of a shock between Stations 4 and 5, the user
is allowed to define A5 with a minimum value of A, had the
shock happened in the test section. The reason for this feature
is that the calculation of a certain area, and consequently the
critical area, requires a defined geometry, depending on the
shock position. Thus, the minimum value chosen for As is
possible since the test section area will have the largest Mach,
and thus the highest critical area, always preventing shocking
on the diffuser throat. To define the matching A7 at a certain
position with As, an iterative method, not employed in this
work, would need to be used to match critical conditions to
the minimum area allowed. After the geometry is defined,
Equations 6 to 8 are used to calculate stagnation conditions
change and the following equation to calculate the critical area
after the shock.

(10)

If the shock is defined between Stations 5 and 6, the mini-
mum area the user can choose is A,. This is chosen to allow
for the decrease of the diffuser throat until ideal conditions
when the chock occurs at this position. Then Equations 6, 8,

and 10 are used to calculate the critical area after the shock.

After calculating the shock conditions, the stagnation pa-
rameters after the shock are computed. The stagnation tem-
perature across the shock is constant due to the adiabatic prop-
erties of the shock. The following equations state the stagna-
tion properties change.

TOy = Tox (1D
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poy = 2% py, (13)
Pox

After the geometry is set and the critical areas calculated,
the Mach number through all positions is calculated using
Equation 6. Depending on the specific stagnation conditions,
we can calculate all other fluid properties based on equations
1 to 3.

After the calculation of properties, the temperature at the
inlet and outlet (Stations 1 and 6 respectively) of the wind tun-
nel, are accessible. Coupled with the mass flow rate, which
can be calculated by Equation 14, the compressor power
needed for the specific operation (Equation 15) can be esti-
mated.

m = palhAj (14)
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From the computed pressure distribution, the ratio of pres-
sures at the inlet and outlet can be computed.

=5
A flowchart of the MATLAB code used in the previous
methodology is in the Appendix in Figure 13.

R, (16)

A relevant parameter that may be retrieved after performing
an analysis with a chock at the diffuser throat is the efficiency
of the diffuser. This figure of merit is given by Equation 17.
The upper term refers to the loss of stagnation pressure with
a chock in the diffuser throat and the lower term is the equiv-
alent stagnation pressure loss had the shock occurred at the
test section [1]. In the context of this work, since only normal
shocks are considered, the efficiency is equal to 1 if the dif-
fuser throat is equal to the test section (virtually no diffuser)

and increases for lower values of the throat area since the



mach number diminishes, leading to a weaker shock. When
the diffuser throat is equal to the first nozzle throat, the ef-
ficiency is maximum since the loss of stagnation pressure is

T'D:(& (%)

Poi )normal shock at A3

minimal.

a7)

4.1 Quasi 1D Supersonic Wind Tunnel Appli-
cation

As a final goal of the project scope, a standalone application

was developed to provide an easy-to-use interface. Figure 4 is

a general overview of the application, and some sections are

relevant to mention.
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Figure 4: Interface developed for a easy-to-use interaction

The interface accepts some inputs from the user. The first
region is called "Test Section" where the user can introduce
some variables related with the test conditions, as mach, tem-
perature, density, and pressure at which the test section should
operate. The velocity and sound speed as just output variable
to enlarge the problem understanding.

For the gas, the user can introduce manually the values for
the gas constant, R, and the specific heat capacity ratio, y. The
user can also choose the option "Air" and default values for
air are set.

The geometry of the tunnel is defined by two inputs as al-
ready explained. The inputs are the test section area and mach
inlet. Other inputs, such as lengths, on the interface are just
for geometry purposes and do not affect the performance since
we are only considering isentropic conditions. A list of inputs
and outputs of the interface are present in the Appendix, in
Table B.

The "Stagnation Conditions" section just presents outputs,

as well as the "Compressor" section, and details the previ-
ously presented parameters for a better understanding of the
study. Also, critical and nozzle areas are also outputted.

For the shock two different inputs can be defined: the shock
position, relative to the wind tunnel length; and the area of
the second throat. These two parameters will help adjust what
happens in terms of a normal shock wave. The first input sets
the shock position, while the second input controls the area of
the second throat, giving the user the possibility to choose an
area in percentage from the critical value (0%) to the maxi-
mum area equal to the test section (100%), as presented in the
methodology.

The user can find a plot region of the most important and
relevant aspects of the wind tunnel analysis. Finally, to help
write reports, prepare presentations, etc., it is possible to ex-
port the plots to a specified folder as ".png" images.

Warning: the program inputs are limited as empirical val-
ues and there is no guarantee that the output results make any

sense. So it is important to validate the results.

5 Model Validation

In order to validate the scientific veracity of the program, it

was used to resolve the exercise number 6 from [3] and then
a comparison was performed between the computed results
and the ones obtained at the class.
The exercise gives the conditions in the test section of the
supersonic wind tunnel and asks to compute the diffuser
and nozzle throat areas as well as to plot the mach number
distribution with the operating conditions.

Mach Number 2.6
Pressure [kPa] 30

230
180

Temperature [K]

Area [cm?]

Table 1: Given test section conditions [3]

Then, using this data, the results can be computed making
use to the above mentioned equations, isentropic and shock
tables. The nozzle throat area is obtained using the equations
4 and 5. Then, the diffuser throat area value comes from the
equations 8 and 9, for the case of starting condition. being
As defined as the equal to the critical area after the shock in
the test section. Then, in operating conditions, to obtain the
mach number at the diffuser throat the equation 10 needs to

be used as well as the shock tables. After this step, the mach



number through the supersonic tunnel can be computed.

After presenting these results, the inputs are introduced in
the developed application, and the results obtained in the
application are compared and present in table 2. At Figure
5 there are depicted the mach distributions of the operating

problem.

Mach Number 1.42
Pressure [Pa] 9068.21
Temperature [K] 265.65
Sound speed [m/s]  295.07
b4 14

R [J/(Kgk)] 287.053

Parameter Analitycal  Application
Nozzle throat area (As) [cm?] 62.2 62.16
Diffuser throat area (As) [cm?] 135.2 1352
Diffuser throat mach before shock at operating conditions ~ 2.29 2.29
Diffuser throat mach after shock at operating conditions 0.54 0.53
Table 2: Obtained results. [3]
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(b) Mach number distribution
plot obtained by the application.

(a) Mach number distribution
plot obtained analytically. [3]

Figure 5: Mach number distribution at operating conditions.

Analyzing the obtained results, it is trivial to conclude that
values computed from the different methods are very similar.
This means the application is coherent with the class-obtained

results and scientifically valid.

6 Results and discussion

The following data is obtained from the developed pro-
gram, using as input parameters the flight conditions of the X-
59 aircraft in table 3, which is designed to have a cruise mach
number of 1.42 and a cruise altitude of 55000ft, from which
was extracted ambient pressure, temperature and density us-
ing the international standard atmosphere data listed below. A
test section of 1 m? was considered as a reasonable value for
use with a scaled down model, a common practice for wind
tunnel testing. The area of the second throat will always be
set to the critical area for each scenario. (0% of area range,
refer to B)

The following parameters in table 4 and the imposed posi-

tion of the shock for each evaluated scenario will define the

Table 3: Flow parameters for the test section

tunnel geometry.

Test section area [m?] 1
Test section length [m] 4
Nozzle length [m] 2

Inlet mach number 0.3

Table 4: Tunnel geometry parameters

6.1 Ideal case results

In this scenario a shock wave is imposed in the second
throat (x=7m), which in this case is infinitesimal, having
achieved the desired mach in the test section. As we can
see from the results (Figure 6), the properties do not suffer
any discontinuities along the tunnel, following isentropic re-
lations since the normal shock is negligible and, also, since
inlet and outlet areas are equal, properties of the flow at the
outlet are the same as the inlet so no power is required from
the compressor as no energy was lost due to the presence of
shock waves. The areas of the throats are equal, and since the
shock in the second throat is infinitesimal and can be consid-
ered isentropic, the critical area to achieve sonic mach at the

throat of the diffuser is the same as the nozzle.

6.2 Starting regime results

When starting the tunnel, a shock wave is present in the test
section. The shock’s position was arbitrarily set at x=4m for
our analysis. As seen in figure 7, at the shock’s position there
is a discontinuity in mach number, pressure, density and tem-
perature characteristic of normal shock waves. The flow drops
from the desired supersonic mach number to mach 0.73, ac-
celerates up to mach 1 in the throat of the diffuser and drops
to subsonic in the divergent. In this regime the area of the
second throat is greater compared to the ideal regime as there
is a non-negligible shock which causes stagnation conditions
degradation requiring a larger critical area to have sonic con-

ditions at the throat.
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Figure 6: Tunnel geometry, mach number, Ratio of areas, den-
sity, pressure, and temperature distributions for ideal regime.
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Figure 7: Tunnel geometry, mach number, Ratio of areas,
density, pressure, and temperature distributions for starting
regime.

6.3 Operational regime results

Imposing the shock’s position at the diffuser’s divergent
section (x=7.5m) close to the throat, operating conditions are
replicated. It can be seen in figure 8 that the fluid will slow

in the convergent section of the diffuser, but, since the flow

is still supersonic at the throat it will start to accelerate. The
farther the shock is from the throat in the divergent section,
the greater the mach number of the flow and stronger is the
shock. Ideally, it should be located as close to the throat as
possible reducing its strength, minimizing stagnation pressure
losses, and thus, compressor power required. Another reason
to minimize shock strength is to avoid unwanted stress on the
structure and other components, which can be considerable.
Although it falls outside of the scope of this project since in-
viscid flow was considered, having a stronger shock could be
an advantage as the fluid velocity will be lower downstream
of the shock resulting in lower losses due to friction. Since
the normal shock is not situated between the two throats, their
critical areas are equal, and A5 is defined with this value, since
the flow between them is isentropic. As the flow is still super-
sonic in the second throat, its area could be larger and still be
able to maintain the shock in the divergent section. In real
situations, this diffuser throat needs to be slightly larger than

critical to prevent choking.
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Figure 8: Tunnel geometry, mach number, Ratio of areas, den-
sity, pressure, and temperature distributions for operational
regime.

6.4 Compressor results comparison

From the compressor data in Table 5 it can be seen that
the shock’s position will greatly influence the compressor re-
quirements. Across all 3 regimes the mass flow remains con-

stant, since they all present chocked flow, with sonic condi-



Regime Compressor Power [kKW]  Pressure ratio
Ideal 0 1
Starting 36.99 1.057
Operational ~ 248.3 1.342

Table 5: Compressor power and Pressure ratio

tions at the nozzle throat. In the ideal case there are no losses
and so no compressor power is required, whereas in the other
scenarios, the stagnation conditions degradation due to the
shock will have to be compensated by the compressor for the
given regime to be maintained. In order to move the shock
from the test section to the diffuser, or to "swallow" the shock,
the compressor must input more power. In normal operation,
depending on the shock position, the power required to main-
tain the shock can be higher than the test section if the outlet
area is too large, as it is in this situation. A deeper insight into
this phenomenon is given in the next section. For demonstra-
tion purposes the shock was placed at x=7.5m, which is why
compressor power is so high for this case. In reality, the shock
would remain much closer to the throat requiring much less

compressor power.

6.5 Compressor Analysis

Understanding the operational mode of a supersonic tunnel
involves significant consideration of the compressor’s capac-
ity to deliver sufficient power to overcome the pressure ra-
tio between the inlet and outlet (points 1 and 6), as defined
by Equation 16. The relationship between compressor power
and the temperature difference between the inlet and outlet,
as indicated by equation 15, is crucial. The temperatures at
both points are determined from the isentropic relations, as
the stagnation temperature remains constant throughout the
normal shock wave phenomena. With this, one can calculate
all the numerical values for the compressor and evaluate the
impact of the shock wave on its performance.

Three different analyses were conducted regarding the in-
fluence on compressor power, depending on shock position.
Firstly, the second throat area, A5, was kept constant through-
out the evaluation of the shock in all positions from the first
throat (Station 2) to the end of the diffuser outlet section (Sta-
tion 6). The chosen area is the critical area after a shock has
occurred at the test section. The second analysis was per-
formed considering the same range for the shock position but

with the minimum possible value for As at each section. Min-

imum values for this area are described in the methodology
section. Both this analysis assumed the inlet and exit areas
equal to that of the test section. A third analysis was then per-
formed, using also the minimum diffuser areas, but with inlet
and exit areas defined by the inlet mach. The conditions are
the same present in table 3, and 4.
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Figure 9: Compressor pressure ratio and power for different
shock positions considering the same A5 area

Figures 9 and 10, corresponding to the first and second
analysis, seem to have the same behavior, however, some de-
tails are different and essential to understanding the impact of
the normal shock wave. Both figures show that, at x = 1m
(first throat position), the compressor power is zero. This is a
valid result as the shock tends is occurring in a convergent-
divergent nozzle throat, leading to an infinitesimal normal
shock and then a pressure ratio of 1, meaning no compres-
sor power is needed. For the second throat it does not happen
in both cases. Considering a constant area, As, figure 9 shows
that, for the second throat position (x = 7m) neither the pres-
sure ratio is 1 or the compressor power is 0. This is due to the
As area value is above the critical area (equal to A2) for the
second throat and then sonic conditions are not achieved. The
normal shock at the second throat is strong (large pressure
ratio), meaning stronger than an infinitesimal normal shock
wave. On the other hand, it occurs in figure 10 once the A5 at
x = 7m is the critical area, so sonic conditions are achieved,
and an infinitesimal chock occurs % =1.

As expected, if the normal shock wave happens inside the
test section (from point 3 to point 4, or from x = 2m to x =
6), the position is not relevant. This is a valid result once in
this quasi- 1D model the compressor power is only affected by
the temperature difference between the inlet and outlet. The
equation 7 expresses the stagnation pressure ratio across the

Poy

shock as a function of mach, and as can be concluded the o
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Figure 10: Compressor pressure ratio and power for different
shock positions considering the minimum possible A5 area

is the same since the same area is kept along the test section
length.

As already mentioned, the equation 7 expresses the pres-
sure ratio across the shock as function of mach, and it is
important to highlight that in the divergent and convergent
part of the first nozzle and in the diffuser, the compressor
power varies with the shock position because the mach num-
ber changes.

Finally, it is important to understand what are the differ-
ences between the shock in the convergent or divergent part of
the diffuser in figure 10 because the behavior is not symmet-
ric over the throat. The discontinuous drop in power is caused
due to setting the minimum area at the diffuser throat. This
feature is explained in the methodology section. So, from
these results, it can be observed that by having a variable dif-
fuser throat, the required power in operation can be set to a
minimum by decreasing the diffuser throat after the shock is
swollen.

For the third analysis, results are presented in Figure 11.
Remember that the conditions that change in this situation,
regarding the second analysis (Figure 10) are the areas of the
inlet and outlet. From the definition of the inlet Mach num-
ber, the inlet and outlet area results in these areas being larger
than the test section areas. if a shock is to occur near the exit,
this means that the supersonic mach number in this region is
higher than the test section, leading to stronger shocks and
consequently to higher compressor powers. So, when con-
sidering the design of a supersonic tunnel the outlet area will
influence farther shocks and the compressor power required to
hold shocks near the exit will steply increase with larger out-

let areas. This further stresses the need for the shocks to be
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Figure 11: Compressor pressure ratio and power for different
shock positions considering the minimum possible As area,
and inlet and exit areas defined by the inlet mach.

located near the throat of the diffuser, minimizing the shock

and reducing power.

6.6 Diffuser Efficiency

To further extend the statement of the importance of the
variable throat area at the diffuser, a diffuser efficiency study
is performed, resorting to the conditions of Table 3 and 4.
The diffuser efficiency is present in Equation 17 and takes
into account the loss of stagnation pressure in the diffuser, in
relation to stagnation pressure loss when a shock occurs at
the test section. This analysis is performed with a shock at the
diffuser throat, while varying difuser throat area and depicted
in Figure 12. There are two vertical lines, representing the
condition at which the diffuser is chocked (A5 = A;) and the
starting area, corresponding to the critical area after the shock,
when it occurs in the test section.

It can be observed that the efficiency of the diffuser is
higher when the throat decreases. When the throat decreases,
the mach number at the throat also decreases, leading to
weaker shocks and higher efficiency values, concluding once
again the importance of the variable throat area in reducing

shock intensity and compressor power.

7 Conclusions

In conclusion, this work objectives were achieved, provid-
ing a computational tool for aiding the preliminary design of
a supersonic wind tunnel. The relevant equations and imple-
mentation are presented, including an interactive interface for

easy use by a user. A validation exercise was followed, in-
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Figure 12: Diffuser efficiency study.

dicating the program’s physical coherence. The design and
results of a supersonic wind tunnel were also accomplished,
based on the x-59 aircraft use case. The tunnel was analysed
for the ideal, starting, and operational conditions, leading to a
better understanding of the physical processes involved in the
design of a supersonic wind tunnel. This design was also in-
quired regarding compressor power, depending on the shock
position, and diffuser throat efficiency, stating the importance
of the variable throat area for efficient operation.
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Appendix

A Program Flowchart

M_testsection
A_test_section
gamma

R

L_nozzle
L_test
x_shock
posThroat
TO

Aratio with Mach

Databases Receive

Inputs

po
rho0
areaPercentage
machinlet
x_shock

Calculation of
A_star_1
A_inlet

Define subsonic before

Station 2 and after shock

Station 2 to 4 Station 4 to 5 Station 5 to 6

Define A5 from A’y of test
section
Mach Calculation
Shock Relations
Calculation of A*y

Mach Calculation
Shock Relations
Calculation of A*y
Calculation of A5 from
Aty

Define A5 from A2
Mach Calculation
Shock Relations
Calculation of A%y

Retreive
Nozzle Geometry
Area ratio vectors
Subsonic/Supersonic index

“—

—_—

Calculate Mach at each
position. depending on
index

—

Calculate p, T
and rho from
isentropic
relations

—

—_—
Calculation of
Mass flow rate
Pressure ratio

Compressor
Power
—

Figure 13: Flowchart of the program.
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B User Manual

Input

Description

Range

Output

Description

Mach
Temperature [K]
Pressure [Pa]
Density [kg/m”"3]
Gamma

R [J/(kg K)]

Area Test Section [m”2]

Length Test Section [m]

Nozzle Length [m]
Throat Position (% of Nozzle Length)

Mach Inlet

Shock Position

2nd Throat % of Area Range

Mach of test section
Temperature of test section
Pressure of test section
Density of test section
Gamma of fluid

Gas constant of fluid

Area of the test section

Length of test section
Length of Nozzle

Throat position in relation to nozzle

Mach of the inlet

Position of the shock
Percentage from allowable area

range, outputing A5

1-5
>0
>0
>0
>0
>0

>0

>4*Area Test Section

>2* Test Section

20-80

0-1 ( The program limits this
value outputing and error, if after
shock the Area ratio goes below 1
at any position)

Station 1 to Station 6

0-100

Velocity [m/s]
Sound Speed [m/s]
Area inlet

A2 = Ax*

Ay*

A5

Test Section Ay* % of Area Range

Stagnation Pressure [Pa]
Stagnation Temperature [K]

Stagnation Density [kg/m”3]

Stagnation Pressure y [Pa]

Stagnation Density y [kg/m”3]
pOy/pOx

Pressure ratio
Compressor Power [kW]

Mass Flow [kg/s]

Calculated fluid speed at test section
Calculated sound speed at test section
Inlet Area. Equal to exit area

Area of first nozzle. Equal to Ax*
Critical area after shock

Area of the diffuser

The area range

percentage, corresponding to

the Ay* of test section.

Stagnation pressure before shock
Stagnation temperature before shock

Stagnation density before shock

Stagnation pressure after shock

Stagnation density after shock
Ratio of stagnation pressures

Ratio of exit and inlet pressure
Compressor required power

Mass flow rate




